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An inverse wing design method has beén developed around an existing transonic wing analysis code. The
original analysis code, TAWFIVE, has as its core the numerical potential flow solver FLO30, developed by
Caughey and Jalnes()n. Features of the analysis code iriclude a finite-voluine fprmulation, an SLOR solution
scheme, and a wing and fuselage fitted, curvilinear grid mesh. The development of the inverse method as an ex-
tension of previous meéthods existing for design in Cartesian coordinates is presented. Results are shown for in-
VlSCld wing design cases in supercritical flow regimes. The test case selected also demonstrates the versatility of
the desngn method in desngmng an entire wing or dlscontmuous sections of a wing.

Nomenclature

=chord length

=coefficient of pressure

= Jacobian of coordinate transformation
= Jacobian matrix

=transpose of inverse Jacobian matrix
=freestream Mach number

P, Q R =upwinding terms

Q,I,Q, ik =decoupling terms

E*ﬂ*@“

q =magnitude of local velocity vector

G =magnitude of freestream velocity vector

S =wing surface function

u,v,w =components of physical velocity vector

U, V,W =components of contravariant velocity vector

4 = contravariant velocity vector

X, 0,2 = Cartesian coordinate directions

o =angle of attack :

¥ =ratio of specific heats

é =differential operator

8(x) =displacement thickness

8, (x) =displacement thickness due to reloftmg
=trailing-edge thickness )

A, = user-specified trailing-edge thickness

€ =decoupling factor

U =averaging operator

& =curvilinear coordmate directions

p =density

¢ =reduced/ perturbatlon potential function

P =potential function (® =¢+x cosa+y sina)

Introduction

N recent years, the iniportance of transonic flight to both

military and commercial aircraft and the development of
specialized transonic wings for several flight research ex-
periments. have prompted significant efforts to develop ac-
curate and reliable computanonal methods for the analysis
and de51gn of transonic wings. Many methods of solution have
been developed, but among those that have shown promise
due to their computational efficiency and engineering - ac-
curacy have been those based upon the full potential flow
equations in either their conservative .or nonconservative
form.! The TAWFIVE* code in particular has proven to be
an excellent and reliable analysxs tool. This code is based upon
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the FLO30 finite-volume potential flow method that was
developed by Caughey and Jameson.? Among the features of
FLO30 are its fully conservative formulation and its three-
dimensional curvilinear grid. The latter can be fit around any
general combination of fuselage shapé and wing planform.

The purpose of the research déscribed in this paper has been
to develop a wing design method that is based on the existing
TAWFIVE analysis code and is compatible with the existing
computational methods and program structure of that code.
Of the many wing and airfoil design methods available,*8 the
inverse method as developed by Carlson,®!® Anderson and
Carlson, ! and Weed et al.1? was selected for use. The current
work extends the previously developed " design methods
developed for orthogonal grids to the more generalized cur-
vilinear grid system of TAWFIVE, while also providing
greater design flexibility and versatility for engineering ap-
plications. These last goals were achieved by the inclusion of
user options for designing either the emntire wing or only
discontinuous wing segments as shown in Fig. 1. The
availability of this option is useful to engineers who are
typically faced with designing around regions where the wing
geometry may be fixed by constraints other than aerodynamic
considerations.

Wing Analysns Methods

Potential Flow Solver

The inviscid potential  analysis of TAWFIVE is per-
formed by the program FLO30 developed by Caughey and
Jameson.>!* For a complete description of the FLO30 code
and its theoretical basis, the reader is referred to Caughey and
Jameson’s papers and some earlier developmental work by
Jameson.'»!5 A brief description is presented here to provide
for completeness and a background for the inverse design
developments that will be discussed in detail.

FLO30 solves the full potential equation in conservative
form that when transformed from Cartesian coordinates to
genéralized curvilinear coordinates is

(phU); + (phV), + (phW) ;=0 )

where the subscripts denote differentiationi with respect to the
curvilinear coordinates £,7, and {. The contravariant velocities
are related to the physical velocities and the derlvatlves of the
potential function by

U u o,
V|=H"' |v| =[HH]! | & )
w : w &,



1010 T. A. GALLY AND L. A. CARLSON

where H is the transformation matrix defined by

Xy X, X
H=|y », » (3)
L2y %y %y

with 2= |H|, An equation for the local density can be ob-
tained from isentropic relations as

-1 V=1
p=[1+7—2—M3°(1—u2—1)2—w2)} “)

The numerical approach used in FLO30 is a finite-volume
technique. To understand this approach, consider the simple
two-dimensional case represented by the grid system shown in
Fig. 2. The dashed cube shown in the figure indicates the area
element under consideration. The flux of fluid through side
a-b can be approximated by the average of the fluxes at point a
and b with similar results for the side ¢c-d. The net flux in the x
direction for the elemental area centered at grid point 4,/ is
then ' ’

[(phU,+phU,) — (phU, +phU,)]

- (phlU), =
(o )g 2AE )
or, in the notation of Caughey and Jameson,
(phU); =p,8; (ohU) ©)

where 6 and u are differentiating and averaging operators in
the indicated directions that are defined as follows (allowing
Af=An=A{=1): ‘

0:) ;= (Ui ik —Uimus k) (7a)

e D= Uipyajn + Uimya )72 (7v)

a) Part of Upper Surface,
Lower Surface, or Both
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b) Entire Wing
¢) Multiple Regions
R
0‘0::::::,‘
0’0‘0".4
o]

Fig. 1 Possible wing design situations.
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Fig. 2 Finite-volume cell location.

(ke U) ik
=WisvjrunretUisuj-nr
+Ui—vjrmx t Uiouj—wi)/4 (79)

When extended to the other flux components and to averag-
ing over cube surfaces in three dimensions, the numerical
potential equation is of the form

458 (ORU) + 158, (PhV) + gy (ph W) =0 ®)

To find the flux quantities phlU, phV, and phW at the
finite-volume cell vortices (i.e., points a, b, ¢, and d for the two-
dimensional case), it is necessary to evaluate Eqs. (2-4). The
derivatives in these expressions can be expanded by the same
volume averaging approach used above, thus

&; = pyedy (2) Xy = By (X) (92)
P, =pyb, (P) Ve = gl () (9b)

with similar terms for the other transformation metrics. The
above expressions, being centered at grid midpoints, will in-
volve the values at grid points of the potential and grid posi-
tion, which are known from the previous potential solution
and the grid geometry, respectively.

When solving transonic flows, it is necessary to include
some form of supersonic upstream dependence and artificial
viscosity in the solution algorithm in order to account for the
physical nature of the flow and the viscous nature of shock
waves, respectively. Caughey and Jameson introduced
upwinding by the addition of terms into their potential
numerical equations that are only nonzero when the flow is
supersonic. These terms also introduce a numerical error that
has the form of a viscous term. Additional terms are also in-
cluded to correct a tendency of the flowfield solution to un-
couple between alternating grid points. The final numerical
equation, which is solved by FLO30 when these terms have
been included, has the form i

BeOs (DRU+ P) + pi 6, (phV+ Q)
t 0 (PAW+ R) — €(pp0y Qg + 16,0 Qe
+ g0 Qe — 05 Qe /2) =0 (10)
where P, , and R are the upwinding terms; Q... Q.. Q>
and Q,,. are the terms reducing odd-even decoupling; and € is

a factor determining the amount of decoupling (typically
e=10.25).
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Computational Grid Geometry

The computational grid used by FLO30 is a body-fitted,
nonorthogonal, curvilinear mesh constructed about a
wing/fuselage combination. The number of grid points com-
posing the computational domain is typically 40x6x8,
80x12x 16, or 160x 24 x 32 for the number of £, 5, and ¢
points in the coarse, medium, and fine grids, respectively. The
grid is conformally mapped to the wing and fuselage surfaces
as can be seen from the plot of surface grid lines shown
in Fig. 3.

The grid is formed around spanwise airfoil sections in a
similar manner in which ““C”’ grids are mapped to airfoils in
two-dimensional analysis. In addition, each spanwise com-
putational plane is also conformally wrapped about the
fuselage surface and a line extending forward from the
fuselage nose. The reader is referred to Refs. 3 and 13 for ad-
ditional details on the method of grid generation.

An additional set of grid surfaces are generated beneath the
wing and fuselage surfaces and beyond the symmetric plane in
order to aid in the formulation of both the finite-volume
numerical flow equations and the flow tangency boundary
conditions on these boundaries. The grid points composing
the ““ghost’’ surfaces are calculated from linear extrapolations
of the computation grid lines from inside the physical domain.

Boundary Conditions

Since the governing potential equations are written in terms
of perturbations from freestream conditions, the subsonic,
far-field requirement that the flow return to the freestream
velocity and direction is satisfied by setting the perturbation
potential equal to zero on the side and upstream boundaries.
The downstream boundary condition is a ‘‘zero’’-order ex-
trapolation of the potential (constant potential assumption) to
the outflow boundaries.

A flow tangency condition is applied along both the wing
and fuselage solid surfaces by setting the normal contravariant
component of the velocity vector to zero on the surfaces. This
condition provides an equation that, when approximated by a
finite-difference expansion about the surface grid points, can
be used to set a value for the perturbation potential on the
““ghost’’ grid points below each surface. Note that this finite-
difference boundary condition differs in formulation from the
finite-volume solution algorithm of the governing equations.
As aresult, it would be possible to impose flow tangency using
the finite-difference technique yet still have a slight normal
surface velocity when performing the finite-volume calcula-
tions. Since it is essential to have accurate boundary condi-
tions at the wing surface in order to generate accurate solu-
tions, a second condition is imposed on the wing surface. This
additional condition involves reflecting the flux quantities
calculated by the flow solver for the cell centers directly above
the wing surface to the ‘‘ghost” cell centers beneath. The
reflected normal fluxes then cancel each other out .in the
residual expression and a net zero flow is obtained through the
surface. Similarly, a zero flux condition is applied at the half-
body symmetric plane, limiting solutions to symmetric, non-
sideslip cases.

The trailing-edge slit boundary separating the upper and
lower half planes is not an actual limit to the physical domain
as the other boundaries are, but is simply an artificial bound-
ary created by unwrapping the physical plane into the com-
putational domain. The only conditions that need to be im-
posed at the slit are that the flow velocities, and thus pressure,
be continuous across the cut. The flow potential, however,
will have a discontinuous jump across the wake that is propor-
tional to the sectional wing lift coefficient.

2
1

TRANSONIC WING DESIGN

1011

Fig. 3 Surface grid-point geometry.

Inverse Wing Design Methods

As stated previously, a direct-inverse approach to wing
design was selected for incorporation into the TAWFIVE
code. The direct-inverse method derives its name from the
division of the design wing surface into a fixed geometry
leading-edge region, where flow tangency boundary condi-
tions are imposed, and an aft, variable geometry section where
pressure boundary conditions are enforced. The pressure
boundary where the user-specified pressure distributions are
imposed does not extend forward to the leading edge due to
difficulties of enforcing this type of boundary condition near
the beginning of an airfoil section. This restriction on the size
of the pressure specification region does not seriously reduce
the versatility of the design method since the direct region can
be fairly small (as little as 3% chord), the leading-edge regions
for most airfoils are geometrically similar, and it is relatively
easy to select a leading-edge geometry that will produce the
desired Mach number or pressure values at the beginning of
the inverse region. In addition, specific leading-edge shapes
may be required due to other design constraints such as the
necessity to house a leading-edge flap or slat system.

Pressure Boundary Condition

In the inverse design regions on the wing, a pressure bound-
ary condition will be specified rather than the flow tangency
condition used in analysis zones. In formulating this boundary
condition, it is necessary to relate the user-specified pressure
coefficient C,, to the current perturbation potentials at in-
verse design grid points. Consider the full potential equation
for the pressure coefficient:

2 v—1 (w ¢ )]ww—l) }
Cp————vm {[H—Z Mz (1 o) -1 an

where g2 = u? + v? + w2,

If it is assumed that the pressure coefficient is primarily a
function of the chordwise component of the velocity u and
only slightly affected by the vertical and spanwise components
of velocity v and w, then a stable approximation is made by
time lagging the latter two velocities in the boundary condition
expression. This assumption is true everywhere except near the
leading edge; but since the inverse design boundaries have
already been restricted to regions behind the leading edge, the
simplification is justified. The value of the local velocity u can
then be calculated from the above expession in terms of the
desired pressure coefficient and the current values for the ver-
tical and spanwise velocities. In addition, the velocity u can
also be calculated from the perturbtion potentials using the
relations of Eq. (2). Defining J;; to be the elements of the in-
verse transpose of the Jacobian matrix H, the two equations
for u yield:

Jnde + Jiad, + Jizde =

T (y—-DMZ

=1 ,
[(259) )

— cosa (12)

ReEe)
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Since the spanwise and vertical flow velocities have already
been assumed to be constant in the boundary condition rela-
tion, it is consistent to make the same approximation in the
above expression with respect to the spanwise and vertical
derivative terms ¢, and ¢,. This assumption is similar to the
previous one, and leads to an explicit expression for the poten-
tial at one point.

The finite-difference approximation used involves expand-
ing the derivatives of the potential about the midpoint i— 14, j,
k. The £ derivative is determined by a central difference in-
volving the preceding and following grid point values. The »
and ¢ derivatives are found at the midpoint by averaging the
derivatives from the preceding and following grid points
found by three-point-backwards and central-difference ap-
proximations, respectively. Figure 4 shows the point
dependence and pressure specification point for this method.
The resulting numerical expression obtained with these finite
approximations is:

Ju ( ﬁﬁkl—¢?—1,j,k)
+J [3(@F + 01 ju) —4(Dhj-1k +o1j-1k)
+ 0% aut drj2k]/4
T Uirs + O rgke 1 — Blik—1 — P11 74
=F(Cp,i—‘/z,k) 13

Here, the superscripts # and n + 1 refer to current values of the
potential and the new values of the potential being imposed by
the boundary condition, respectively. Also, the term
F(Cp,i— ) is the right-hand side of Eq. (12) evaluated using
the pressure coefficient specified at point { — ¥4, k. Solving
the above expression for the potential at point i,j,k yields

1
8 W O AP ¥
bk J11+%.112{ @1k

—J 1307 1k — 4Dk + O 1j- 1)
+ oY okt by j2k1/4
—Ji3 (k1 T O ks — Plin—1

— k1) 4+ F(Cpi_y i)} (14)

The potential values at n+ 1 in the direct region are known
initially since they do not change when the inverse boundary
condition is applied; i.e., "*! =¢". All the potentials on the
inverse boundary can then be calculated and, since the span-
wise and vertical derivatives are small, will primarily be func-
tions of the pressure coefficient at grid point i—% and the
value of the potential at grid point i—1.

O Known Potential Values (lagged)
' Unknown Potential Value (updated)

O Pressure Specification Point

3

Fig. 4 Point dependence and location.
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Surface Calculations

As the inverse boundary conditions drive the flowfield to a
converged solution, it is necessary to calculate periodically the
location of the new displacement surface and to regenerate the
computational grid about this new geometry so that the
pressure boundary surface will correspond to the physical
boundary surface being designed. Each new surface is found
relative to the previous surface from an integration of the wing
surface slopes. The surface slopes are calculated from the cur-
rent flowfield solution using the flow tangency boundary con-
dition, which in curvilinear coordinates is

PTx vS=0 (15)

Note this condition, with the gradient in the curvilinear plane,
is a direct analog to the same condition expressed in the
physical plane.

A more useful expression can be obtained by expanding the

above equation to:
i} 4 W (a
(_ﬂ_) _r.w _’1_> (16)
aE wing U U ai’ wing

This expression can be solved for the new chordwise airfoil
slope d5/0¢ if the current values of the spanwise slope d4/9¢
are used. Since the wing surface is represented in the computa-
tional grid as a plane of constant 5, the current slopes on the
wing surface equal zero and a simplified flow tangency condi-
tion results:

(an/ag)wing =V/U a7

The above expession has been applied to the computational
surface plane in order to find the relative location of the new
physical surface. This approach is an approximation, since the
above equation is only exactly true when applied to the new
surface itself. Using this method, however, provides for a
stable iterative surface updating procedure that quickly con-
verges® to the target surface.

To calculate the relative surface slopes, it is first necessary
to determine accurately the values of the contravariant
velocities, U and V. As was also determined by the work of
Weed et al.,!? a simple finite-difference calculation of these
velocities is not sufficiently accurate. Borrowing from Ref. 12,
a more accurate method was implemented that uses the
residual expression to calculate the velocity ratio V/U, under
the assumption that the residual is zero at the surface points.
The residual expression from FLO30 can be written in finite-
volume form as

a0 (PRU) + peedy, (AV) + pig, O (ohW)
+ (other terms) =0 18) .

The‘“other terms’’ in Eq. (18) involve the grid point coupl-
ing and upwind dependence terms of the formulation and are
assumed to be constants in the following development.

The desired velocities can also be written in this finite
volume form as:

v _ phV _ Mzng(PhV) (19)
U phU piqs (PRU)

By simple manipulations, the normal velocity can be ob-
tained from the residual expression as

— g, 8 (phW) — (other terms) ©0)

where the subscript n — 1 refers to the values at grid cell centers
above the wing surface.



NOVEMBER 1988
0.01
0.00 —|eB88e a—a- —= ©

—0.01 —

DISPLACEMENT/CHORD
S
o
)
|

~0.03 —|
—0.04 o——o FINITE DIFFERENCE APPROACH]
&——a RESIDUAL APPROACH
—-0.05 T T 7 T T T T T
0.0 0.2 0.4 0.6 0.8 1.0

x/C
Fig. 5 Comparison of slope calculation methods.

In order to use Eq. (20) to find the desired surface velocity
ratio, it is necessary to know the U and W velocity com-
ponents at the ‘‘ghost’” cell centers below the wing surface.
These values can be obtained in a manner consistent with
FLO30 by specifying the “‘ghost’’ cell values to equal the
values at corresponding points immediately above the wing
surface. A comparison of the accuracy of both the finite-
difference approach and residual approach is shown in Fig. 5.
The calculated displacements are for a converged analysis
solution for which the calculated slopes should, of course, be
Zero.

With the contravariant velocities known, an integration of
Eq. (17) in the chordwise direction £ from the start of the in-
verse region to the trailing edge yields a set of surface
displacements for the new wing surface relative to the previous
one. These displacements are expressed as changes in the com-
putational coordinate 5 and are converted to surface
displacements in the physical plane §(x) via the local grid
transformation. The physical plane displacements are coinci-
dent with the computational grid points in the inverse regions.
To obtain the corresponding displacements at the original
geometrical locations specified in the program input data, a
linear interpolation of the above data is performed. Finding
the displacements at the original geometry stations permits the
calculation of the new wing airfoil sections at the same
semispan locations.

Trailing-Edge Closure

The procedures outlined above will compute a wing surface
corresponding to a given, fixed, leading-edge geometry and to
a desired set of pressure distributions in the inverse regions.
The above procedures do not, however, guarantee that this
wing geometry will be practical. In particular, past experience®
has shown that inverse surface calculations may yield airfoil
sections that have ecither excessively blunt trailing edges or
which, at least numerically, have the upper and lower surface
crossed at the trailing edge (““fish tailed’’). The former case is
undesirable due to aerodynamic considerations, while the lat-
ter is physically impossible and may produce unpredictable
problems in the grid generation or flow calculation portions of
FLO30.

Since for any specified pressure distribution the correspond-
ing wing surface will be controlled by the leading-edge
geometry, which serves as an initial spatial boundary condi-
tion for the inverse region, the problem of assuring trailing-
edge closure can be viewed as the proper selection of a leading-
edge shape. A procedure for systematically modifying the
leading-edge region in order to achieve some desired trailing-
edge thickness is called relofting. Such a relofting procedure
has been incorporated into the present design process in order
both to prevent the problems of trailing-edge crossover and to
allow the user the option of specifying a trailing-edge
thickness as an additional design variable. This design feature
should be very useful in practical applications since it
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automates the iterative selection of a leading-edge shape that
would otherwise have to be performed by the user.

Two methods of relofting can presently be selected. The
first method is a simple linear rotation scheme. This method
can be visualized with the help of Fig. 6. The dashed line in-
dicates the original leading-edge geometry and a hypothetical
new surface shape that has been calculated for the inverse
design regions. Without modification, this new surface has a
trailing-edge thickness of A. If a thickness of A, were specified
by the user, then the surface would have to be relofted or
changed. In the present scheme, in order to obtain the desired
thickness, a displacement thickness §, is added to theé current
design surface. This thickness has a distribution from the
leading to the trailing-edge and is determined by the formula

5,(x)=(A,~A4)(x/c) @1

where c is the chord length of the local airfoil section. The
total displacement for a surface update is then the sum of the
two displacements 6(x) and &, (x). When both the upper and
lower surfaces are designed simultaneously, the displacement
magnitudes determined by relofting are divided between the
two surfaces so that half is added to the lower surface and half
to the upper surface.

The second relofting method uses the same approach as the
first for the aft inverse regions, but modifies the leading-edge
region by a proportional thining or thickening of the surface
ordinates. This approach can be expressed by:

YHLx) =y (x) /7] (22)

here the j subscript refers to the ordinate at the direct-inverse
junction determined from the linear relofting of the aft

regions. Note that this method will produce leading edges in

the same family of shapes and, for example, allow the design
of an NACA 0006 airfoil when starting from an NACA 0012
airfoil (see test case II).

Results

A variety of different test cases were run as verification of
the current design method. These cases involved both sub-
critical design and supercritical design over section geometries
selected to test the versatility of the input and design control
logic. In this section, results from two of the more significant
test cases will be presented. The results shown were obtained
on a medium grid having 81 streamwise, 13 vertical, and 19
spanwise points with 11 spanwise stations and 53 points on the
wing at each station; and, in all cases, the maximum change in
the reduced potential was reduced at least three orders of
magnitude. Thus, the results do not represent ultimate con-
vergence but should be representative of ‘‘engineering
accuracy.”

The use of the medium grid for the design cases shown in
the following was dictated by computational cost and time.
Fine grid solutions for these type geometries have been ob-
tained but are not significantly different from the medium grid
results except for a generally smoother shape. Use of the fine
grid in design is necessary, however, when the airfoil sections
involved are aft cambered, since a higher grid-point resolution
is needed in the trailing-edge regions.

The planform selected for the test cases was the Lockheed
wing A wing-body. The wing for this configuration has a
quarterchord sweep of 25 deg, a linear twist distribution rang-
ing from 2.28 deg at the wing body junction to —2.04 deg at

Original Design Surface
------------------------------------------------- / iar(x)

Relofted Surface

Fig. 6 Tmiling-edge thickness adjusted by relofting.



1014 T. A. GALLY AND L. A. CARLSON

the wing tip, an aspect ratio of 8, and a taper ratio of 0.4. The
last two values are based on the wing without fuselage.
However, instead of the supercritical sections normally
associated with wing A, the initial airfoil sections at each span
station were assumed to be composed of symmetric NACA
four-digit airfoil sections.

The target pressure distributions used in the design regions
for the first test case were selected to yield airfoil shapes
thicker in the aft portions of each section and, at supercritical
conditions, to yield on the upper surface weaker and more for-
ward shock waves than those that would normally occur on an
NACA 0012 section. On the lower surface, the target pressure
distributions were selected to have either a favorable pressure
gradient or fairly constant pressure plateau over much of the
lower surface.

For the second test case, the pressure distribution was ob-
tained from analysis solutions of an assumed wing geometry.
The intent of this case is to verify the relofting procedures and
show the ability of the current method to make large surface
changes in going from a thick wing to a thin wing (approx-
imately 12% to 6% thick, respectively).

Both cases were for a freestream Mach number of 0.8 and
an angle of attack of 2 deg. In each case, the pressure distribu-
tion was specified in the design regions from the 15% local
chord location to the trailing edge and used as the boundary
condition in these inverse regions starting with the first itera-
tion. Prior to the first design surface update calculation, 300
SLOR iterations were executed and, subsequently, surface up-
dates were computed every 50 cycles. The solution was con-
sidered converged and terminated after 550 total iterations for
the first case and, due to the large amount of relofting re-
quired, after 950 iterations for the second case.

Test Case I

The inverse design regions for case I, which was an attempt
to design both upper and lower surfaces on two noncon-
tiguous regions of the wing at supercritical conditions, are
shown in Fig. 7. A comparison between the initial pressure
distribution associated with NACA 0012 sections and the
target pressures for two of the designed sections is portrayed
in Figs. 8 and 9. As can be seen, the target pressure distribu-
tion essentially eliminates the upper-surface shock wave pre-
sent at inboard stations of the original wing; at outboard sta-
tions, it weakens the shock and moves it forward. In addition,
significant changes in the lower-surface pressure gradients are
evident. Also shown in Figs. 10 and 11 are the pressures com-
puted by the program at the end of the inverse design pro-
cedure (denoted as ‘‘design pressures’’). These pressures are in
excellent agreement with the target pressures, which indicates
that the method is satisfying properly the desired inverse
boundary conditions.

The corresponding designed airfoil sections for this case are
shown in Figs. 10 and 11. Even on the expanded scale, the
agreement between the designed and target surfaces is ex-
cellent at all design stations. However, trailing-edge closure

INVERSE DESIGN REGIONS
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Fig. 7 Design case L.
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Fig. 10 Comparison of designed sections with original and target
sections (case I, 30% station).

was not enforced for this case, and at the boundary stations
there is some departure between the designed surfaces and the
target surfaces near the trailing edge. It is believed that this
slight difference is a ramification of the change in spanwise
regions.

In any event, the pressure distributions resulting from an
analysis of the designed surface shown in Figs. 10 and 11 are in
excellent agreement with the target pressures, as can be seen in
Figs. 12 and 13. In addition, the section lift coefficients at the
various design stations are in very good agreement with the
target coefficients. Based on these results, it is believed that
the present method can adequately design/modify nonadja-
cent regions of a wing in transonic flow.



NOVEMBER 1988

0.08 —
0.04
© . DESIGN CASE I
5 0.00 7 70% SEMI-SPAN STATION
—0.04 7
e DESIGNED ' SURFACE
7 © — = TARGET SURFACE
e i e fint ORIGINAL_SURFACE
8 T T T 1 T T T T T
0.0 0.2 0.4 0.6 0.8 1.0

X/C
Fig. 11 Comparison of designed sectlons with orlglnal and target
sections (case I, 70% station).

~-1.5
-1.0 1
-0.5 -
= =
o -
0.0 - DESIGN CASE I
4 30% SEMI-SPAN STATION
4 TARGET C, = 0.374
] DESIGN C; = 0.373
0.5 —
N DESIGNED SURFACE
4 PRESSURES
4 . o TARGET PRESSURES
1.0 T T T T T T T T T

0.0 0.2 . 047 0.6 0.8 1.0
. X /C » .
Fig. 12 Comparison of pressures from analysis of designed wing
with target pressures (case 1,30% station).

Test Case 11

This test case was selected to demonstrate the ability of the
design methodology to handle two difficult design tasks. The
first task was to change a wing from supercritical to sub-
critical, which is both a typical engineering task and a signifi-
cant problem for wing design algorithms. The second task was
to make large surface changes to the original airfoil without
generating large surface distortions from the accumulation of
geometry calculation errors. Due to the upstream dépendence
of the supersonic flow, this required making large changes in
the leading-edge region through the relofting procedures. The
design regions for this case are shown in Fig. 14, where the
wing thickness varied from 12 to 6% between the wing root
and 80% span location, and was constant going outward to
the tip. The input des1gn pressures were for a constant 6%
thick wing.

The first attempts at this design used the linear leadlng-edge
relofting procedure and from & practical standpoint were un-
successful. The final design surfaces were still supersonic in
the leading-edge regions while satisfying the subsonic aft sur-
face conditions by producing strong shocks at the direct-
inverse junction location. In addition, the surfaces themselves
had sharp surface slope discontinuities at the same location.

When the thinning approach was used to reloft the leading
edge, much better solutions were obtained.- Figures 15-26
show the changes in pressure distribution and surface shapes
with a comparison of target to designed surface pressures for a
few span sections as in the previous case. As can be seen, ex-
cellent agreement between target and final pressures and sur-
face were again attained for this extreme case. The only
noticeable surface irregularity are a small wiggle at the direct-
inverse junction that can be seen as a small pressure w1ggle in
the pressure plots
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Fig. 25 Comparison of pressures from analysis of designed wing
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Fig. 26 Comparison ‘of pressures from analysis of designed wing
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Conclusions

A direct-inverse wing design method has been successfully
incorporated into the TAWFIVE transoric wing-body
analysis computer code. The resultant code is capable of
designing or modifying wings at both transonic and subsonic
conditions and includes the effects of wing-body interactions:.
A series of test cases have been presented that demonstrate the
accuracy and versatility of this inverse method. Additional test
cases and results are also presented in Refs. 16 and 17.
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